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Abstract

Electric Solar Wind Sail-based missions towards Venus and Mars are discussed in this paper. The analysis

takes into account the real three-dimensional shape of both starting and arrival orbits and the planetary

ephemeris constraints, using the JPL planetary ephemerides model DE405/LE405. Each mission is pa-

rameterized with different values of departure date and spacecraft characteristic acceleration, the latter

representing the maximum propulsive acceleration when the Sun-spacecraft distance is one astronomical

unit. The transfer trajectories are studied in an optimal framework, using a Gauss pseudospectral method

in which the initial guesses for state and control histories are obtained with a genetic algorithm-based

approach. In particular, the paper illustrates the numerical simulations obtained with a spacecraft charac-

teristic acceleration of one millimeter per second squared and the results cover a range of launch dates

of seventeen years. Finally, a parametric study of the transfer’s flight time corresponding to the optimal

departure dates is also discussed, for different values of the spacecraft characteristic acceleration.
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Nomenclature

a = propulsive acceleration, with a , ‖a‖ [ mm/s2]

ac = spacecraft characteristic acceleration [ mm/s2]

C = spacecraft center-of-mass

î, ĵ, k̂ = reference frame’s unit vectors

J = performance index [ days]

r = spacecraft position vector, with r , ‖r‖ [ au]

S = Sun’s center-of-mass

t = time [ days]

T = transformation matrix between TO and T�

T = reference frame

u = control vector

v = spacecraft velocity vector [ km/s]

x = state vector

α = cone angle [ deg]

δ = clock angle [ deg]

φ = spacecraft’s azimuthal angle [ deg]

µ� = Sun’s gravitational parameter [ km3/s2]

τ = switching parameter

θ = spacecraft’s polar angle [ deg]

Subscripts

0 = initial, parking orbit
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f = final, target orbit

max = maximum

O = orbital

⊕ = Earth

� = Sun, inertial

4 = target planet

Superscripts

· = time derivative

1 Introduction

The recent success of the Japanese pioneering mission IKAROS (Interplanetary Kite-craft

Accelerated by Radiation Of the Sun), where a photonic solar sail was first deployed in the

interplanetary space (Tsuda et al., 2011a,b), has demonstrated the potential feasibility of using

propellantless propulsion systems for robotic missions to the deep space. As a matter of fact,

even though the spacecraft maximum propulsive acceleration was still too low for practical

purposes, nevertheless IKAROS is definitely a successful mission, in that it showed the actual

possibility of changing a spacecraft interplanetary orbit by photonic thrust. Such a milestone

result opens new and interesting mission opportunities that would be very difficult to perform

with conventional propulsion systems, due to the severe constraints related to the propellant

consumption.

Among the few propellantless propulsion systems that have been studied so far for the robotic
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exploration of the Solar System, the Electric Solar Wind Sail (E-sail), proposed by Pekka

Janhunen about ten years ago (Janhunen, 2004), is one of the most promising options. An

E-sail based spacecraft is constituted by a central structure (main body) to which a number of

long tethers are attached. The tethers are stretched by spinning the spacecraft around an axis

and are maintained at a high positive potential by means of a solar-powered electron gun, see

Fig. 1.

[Figure 1 about here.]

The solar wind ions are repelled by the positive E-sail tethers in such a way that some momen-

tum is extracted from the solar wind flow and a net thrust is produced. The tethers spin-plane

can also be oriented, within some limits, by regulating the potential of each tether (Jan-

hunen et al., 2010). As a result, the thrust direction may be inclined of an angle α > 0,

referred to as cone angle, with respect to the Sun-spacecraft (radial) direction. Simulation

analyses by Janhunen (2010) show that the maximum value of the cone angle cannot exceed

αmax , max(α) ≈ 35 deg. The possibility of thrust orientation allows the vehicle’s angular

momentum to be varied and, as such, an E-sail based spacecraft may perform a classical

interplanetary rendezvous mission between non-coplanar orbits. It is worth noting that the

capability of producing a non-negligible circumferential thrust component makes the E-sail

performance better than other conceptually similar solutions, such as the classical magnetic

sail (Zubrin and Andrews, 1991; Love and Andrews, 1992; Funaki et al., 2007), or the more

recent mini-magnetospheric plasma thruster (Winglee et al., 2000, 2003).

In the last few years a number of scientific papers have appeared to analyze the E-sail per-

formance in different potential missions, including the study of interplanetary transfers, the

generation of artificial equilibrium points (Aliasi et al., 2013), the achievement of non-Keplerian

orbits (Mengali and Quarta, 2009), or the study of an escape from the Solar System (Mengali

et al., 2008a; Quarta and Mengali, 2010). In particular, a first estimate of the E-sail perfor-

4 of 28



mance for an interplanetary transfer was discussed by Mengali et al. (2008b). In that paper

the acceleration thrust was assumed to vary with the Sun-spacecraft distance r proportional to

(1/r)7/6. However, subsequent plasma dynamic simulations (Janhunen, 2010, 2009) have shown

that the E-sail thrust per tether length is five times higher than what previously estimated,

i.e. about 500 nN/m at r = r⊕ , 1 au (roughly corresponding to 1 N thrust for a total tether

length of 2000 km) and, more important from a mission analysis viewpoint, the thrust modulus

scales proportional to 1/r.

The aim of this paper is to reappraise the performance of an E-sail based spacecraft in a clas-

sical interplanetary transfer to an inner (Venus) and an outer planet (Mars), using a thrust

modulus that varies as 1/r with the distance from the Sun. In particular, for each of the two

mission scenarios, the optimal analysis allows the minimum transfer time to be found (using

a direct approach) as a function of the E-sail performance using a realistic set of planetary

ephemeris data within a time-range of seventeen years. The E-sail performance is usually quan-

tified in terms of spacecraft characteristic acceleration ac, which corresponds to the maximum

propulsive acceleration at a distance from the Sun equal to 1 au. The value of ac in general

depends on the payload mass and on the technological characteristics of the E-sail, such as

the tethers’ number and their length. For example, using the parametric mass budget model

described by Janhunen et al. (2013), a spacecraft with a payload mass of 100 kg, propelled by

an E-sail with 44 tethers (of 15.4 km each), is able to produce a characteristic acceleration of

about 1 mm/s2. In this paper the problem is therefore parameterized as a function of the value

of the spacecraft characteristic acceleration, and the simulation results for a mission scenario

in which ac = 1 mm/s2 are presented.
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2 Mathematical Model

The equations of motion for an E-sail based spacecraft in a heliocentric-ecliptic inertial reference

frame T� (S;x, y, z) are

ṙ = v (1)

v̇ = −µ�
r3

r + τ a (2)

where µ� is the Sun’s gravitational parameter, r is the spacecraft position vector (see Fig. 2), v

is the spacecraft velocity vector, a is the E-sail propulsive acceleration vector and τ ∈ [0, 1] is

the switching parameter that models the thruster on/off condition and is introduced to account

for the existence of coasting arcs in the spacecraft trajectory.

[Figure 2 about here.]

Bearing in mind the constraint on the maximum value of cone angle (i.e. the value of αmax),

the propulsive acceleration vector a is more conveniently written in an orbital reference frame

TO (C;xO, yO, zO), whose origin is at the spacecraft center-of-mass C. The zO-axis of the orbital

frame is along the Sun-spacecraft direction, which coincides with the approximate direction of

propagation of the solar wind, see Fig. 2. The three unit vectors of the orbital reference frame

are defined as

k̂O , r/r , ĵO ,
k̂ × k̂O

‖k̂ × k̂O‖
, îO , ĵO × k̂O (3)

where k̂ is the unit vector of the (inertial) z-axis. To avoid singularities, in the special case

k̂ × k̂O = 0, i.e. when the spacecraft belongs to the z-axis of the inertial reference frame T�,

the second equation in (3) is substituted by ĵO ≡ ĵ, where ĵ is the unit vector of the y-axis.
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When the propulsion system is switched on (that is when τ 6= 0), the propulsive acceleration

vector a can be conveniently expressed in the orbital reference frame as a function of both the

cone angle α ∈ [0, αmax] and the clock angle δ ∈ [−π, π] as

[a]TO = ac

(
r⊕
r

)
[sinα cos δ, sinα sin δ, cosα]T (4)

where δ, positive if measured counterclockwise with respect to the zO-axis, is the angle between

the direction of xO and the projection of a onto the plane (xO, yO), see Fig. 2. Note that,

according to Janhunen (2010, 2009), the propulsive acceleration modulus a = ‖a‖ actually

varies proportional to the inverse distance from the Sun.

The components of the propulsive acceleration vector a in the inertial reference frame are

obtained from the relationship

[a]T� = T [a]TO (5)

where T is a suitable transformation matrix, whose entries are functions of the polar angle

θ ∈ [0, π] and of the azimuthal angle φ ∈ [0, 2π], see Fig. 2. The transformation matrix is

found to be

T =




cosφ, − sinφ, 0

sinφ, cosφ, 0

0, 0, 1







cos θ, 0, sin θ

0, 1, 0

− sin θ, 0, cos θ




=




cosφ cos θ, − sinφ, cosφ sin θ

cos θ sinφ, cosφ, sinφ sin θ

− sin θ, 0, cos θ




(6)

Note that all of the entries of T can be equivalently written as a function of the components of

the position vector in the inertial frame [r]T� , [rx, ry, rz]
T using the following relationships

sin θ =
r2x + r2y
r

, cos θ =
rz
r

, sinφ =
ry

r2x + r2y
, cosφ =

rx
r2x + r2y

(7)
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where r =
√
r2x + r2y + r2z is the Sun-spacecraft distance.

Taking into account Eqs. (1)–(2) and (4)–(7), the spacecraft equations of motion can be written

in compact form as

ẋ(t) = f (x, u, t) (8)

where x , [rx, ry, rz, vx, vy, vz]
T is the state vector (being vx, vy, and vz the components of

the velocity vector v in the inertial frame, i.e. [v]T� = [vx, vy, vz]
T), and u , [α, δ, τ ]T is the

control vector. Note that the constraint on the cone angle is given by

α ≤ αmax (9)

which must be considered only when the propulsion system is switched on (i.e. when τ 6= 0).

The differential system describing the spacecraft dynamics is hence constituted by the six

scalar nonlinear equations that are obtained by projecting Eq. (8) onto the inertial frame, and

is completed by assigning the initial condition vector x0, constituted by the three components

of the position vector and the three components of the velocity vector, calculated at the initial

time t0 (corresponding to the launch date). In particular, the vector x0 is constituted by the

components of the Earth’s position and velocity vectors at time t0, viz.

[x0]T� =
[
x0⊕

]
T�

,
[
rx0⊕ , ry0⊕ , rz0⊕ , vx0⊕ , vy0⊕ , vz0⊕

]T
(10)

Note that Eq. (10) is representative of a situation in which the spacecraft heliocentric transfer

follows an Earth escape with zero hyperbolic excess velocity with respect to the planet. In the

succeeding analysis the orbit propagation of the Earth and the other planets involved in the sim-

ulations is performed by means of the JPL planetary ephemerides model DE405/LE405 (Stan-

dish, 1998).
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2.1 Trajectory Optimization

The optimal control law, that is, the time history of the triplet (α, δ, τ), is found by minimizing

the flight time necessary to perform a rendezvous with the target planet (either Venus or Mars

in the simulations discussed in this paper) for a given initial time t0. The problem amounts to

minimizing the scalar performance index

J , tf − t0 (11)

where tf is the final time. The optimal control law must take into account both the constraint

on the cone angle given by Eq. (9), and the final rendezvous condition, viz.

[xf ]T� =
[
xf4

]
T�

,
[
rxf4 , ryf4 , rzf4 , vxf4 , vyf4 , vzf4

]T
(12)

where xf4 is the state vector of the target planet at the end of flight, i.e. when t = tf , the

latter being an output of the optimization process.

The minimum-time rendezvous problem was solved by using a hybrid genetic algorithm and a

pseudospectral method. The latter is an implementation of the Gauss pseudospectral method

described by Benson (2005), which transcribes the continuous optimal control problem into a

discrete nonlinear programming problem (NLP) by means of global polynomial approximations

to the differential equations at a set of Legendre-Gauss points. The transcribed NLP can be

solved by sequential quadratic programming, which however needs the designer to provide the

initial state and control histories. The Gauss pseudospectral method is generally robust to the

initial guess. However, some cases exist in which the initial-guess subproblem is a critical point

of the optimization process. To alleviate such a problem, a genetic algorithm is therefore used to

conduct a random search within the space of feasible solutions and provide a reasonable initial

guess for the state and control histories used in the NLP. As a result, the hybrid optimization
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method is able to look for the optimal solution without any external guess from the designer.

A detailed description of the whole hybrid algorithm can be found in the recent paper by Qi

et al. (2014).

3 Numerical Simulations

The previous optimization problem was solved to find the minimum transfer times for a Earth-

Venus and an Earth-Mars heliocentric transfer. The problem was addressed by varying the

launch date, in a parametric way, between the 1st January 2014 and the 1st January 2031,

thus exploring a launch window of 17 years. The launch date was varied with a step size of

30 days. Assuming a spacecraft characteristic acceleration ac = 1 mm/s2, the simulation results

are summarized in Fig. 3(a) for the Earth-Venus transfer, and in Fig. 3(b) for the Earth-Mars

mission scenario.

[Figure 3 about here.]

The optimal transfer times as a function of the launch date show a recurring behavior. The

time interval between two launch dates providing the same transfer time is close to the synodic

period of the two planets (about 780 days for Mars, and 583 days for Venus). This result is by

no means surprising, due to the small inclination and the nearly circular shape of the orbits

of Mars and Venus. Figure 3 also shows that within the selected time interval of 17 years the

minimum transfer time is 323 days for Mars, with an optimal launch date on 20 April 2016,

and 205 days for Venus, with an optimal launch date on 14 December 2027.

When the characteristic acceleration is varied in the range ac ∈ [0.5, 1.1] mm/s2, the optimal

transfer times are summarized in Table 1, which, as expected, shows an increase of transfer

times when the value of ac is reduced.
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[Table 1 about here.]

The optimal flight times are close to the absolute minima, which can be obtained by looking for

the optimal transfers between the starting and the arrival orbits using an ephemeris-free model,

i.e. a transfer without any constraint on the initial and final spacecraft’s position. The latter

problem was solved with an indirect method, and the best points along the starting and arrival

orbits were found to minimize the total flight time. Figure 4 also shows a comparison between

the absolute minima in an ephemeris-free model (continuous line) and the optimal results in

an ephemeris-constrained mission scenario (circles) obtained with the direct approach, see also

Table 1. Note that the simulation results in an ephemeris-free model are useful to check the

validity of the corresponding results obtained in an ephemeris-constrained scenario.

[Figure 4 about here.]

3.1 Case study

Assuming an optimal Earth-Venus transfer with a spacecraft characteristic acceleration of

1 mm/s2 and the optimal launch date of Table 1 (14 December 2027), the transfer trajectory is

illustrated in Fig. 5. Note that the z-axis scale is intentionally exaggerated to better visualize

the three-dimensionality of the trajectory.

[Figure 5 about here.]

Figures 6 and 7 show the three components of the position and velocity vectors (in the inertial

frame T�) for the spacecraft and the two planets involved in the simulation. The time histories

of the control angles α and δ are illustrated in Fig. 8, where it is worth noting the existence of

a coasting arc in the optimal trajectory. This result is in accordance with the optimal control

law found with an indirect approach and discussed by Mengali et al. (2008b).
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[Figure 6 about here.]

[Figure 7 about here.]

[Figure 8 about here.]

The second case study involves an Earth-Mars transfer with ac = 1 mm/s2 and an optimal

launch date corresponding to 21 April 2016, see Table 1. The optimal transfer trajectory is

shown in Fig. 9, the components of the position and velocity vectors are illustrated in Figs. 10

and 11, while the time histories of the control angles are reported in Fig. 12.

[Figure 9 about here.]

[Figure 10 about here.]

[Figure 11 about here.]

[Figure 12 about here.]

4 Conclusions

Electric solar wind sail based rendezvous missions towards Venus and Mars have been investi-

gated in this paper. The analysis takes into account both the real three-dimensional shape of

the starting and arrival orbits and the ephemeris constraints. Each mission is parameterized

with different values of starting time, and the results show that the flight time fluctuates peri-

odically with the starting time. The direct optimization algorithm, which combines a genetic

algorithm to provide an initial guess for the state and control histories, with a Gauss pseu-

dospectral method to translate the continuous optimal control problem into a discrete nonlinear

programming problem, is able to find solutions in an efficient way. The results, obtained with

a launch window range of 17 years, provide optimal solutions close to the absolute minima

12 of 28



that can be found with an indirect approach and an ephemeris-free model. The simulation

times for an Earth-Mars and an Earth-Venus rendezvous transfers, obtained with a spacecraft

characteristic acceleration of one millimeter per second squared, confirm the competitiveness

of such a propellantless propulsion system and motivates a further in-depth analysis of this

kind of propulsion technology. In this respect, the results reported in the paper represent a

starting point for a more detailed system analysis that includes a mass breakdown model.
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acceleration Earth-Venus transfer Earth-Mars transfer

ac [mm/s2] flight time [days] launch date flight time [days] launch date

1.1 201 13-Dec.-2027 318 21-Apr.-2016

1 205 14-Dec.-2027 323 21-Apr.-2016

0.9 210 13-Dec.-2027 331 17-Apr.-2016

0.8 216 11-Dec.-2027 343 9-Apr.-2016

0.7 225 7-Dec.-2027 357 30-Mar.-2016

0.6 236 1-Dec.-2027 377 6-Feb.-2029

0.5 254 22-Nov.-2027 401 1-Feb.-2029

Table 1
Minimum flight time and optimal starting date as a function of the spacecraft characteristic acceler-
ation for an Earth-Venus and Earth-Mars transfer.
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Figure 1. Conceptual scheme of the E-sail propulsion system in the interplanetary space.
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Figure 3. Minimum flight times as a function of the starting date (when ac = 1 mm/s2) for an
Earth-Venus and Earth-Mars transfer.

19 of 28



0.5 0.6 0.7 0.8 0.9 1 1.1

200

250

300

350

400

a
c
[mm/s2]

m
in
im

u
m

.
ig
h
t
ti
m
e
[d
ay
s]

Earth-Mars transfer

Earth-Venus transfer

ephemeris free

ephemeris constrained

ephemeris constrained

Figure 4. Minimum flight times for an ephemeris-free and an ephemeris-constrained mission scenario.
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Figure 5. Earth-Venus optimal transfer orbit with a start on 14 December 2027 using a characteristic
acceleration of 1 mm/s2.
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Figure 6. Components (in the inertial frame) of the position vector as a function of time, for an
Earth-Venus optimal transfer with ac = 1 mm/s2 and a starting date on 14 December 2027.
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Figure 7. Dimensionless components (in the inertial frame) of the velocity vector as a function of
time, for an Earth-Venus optimal transfer with ac = 1 mm/s2 and a starting date on 14 December
2027.
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Figure 8. Thrust angles and switching parameter as a function of time, for an Earth-Venus optimal
transfer with ac = 1 mm/s2 and a starting date on 14 December 2027.
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Figure 9. Earth-Mars optimal transfer trajectory with ac = 1 mm/s2 and a starting date on 21 April
2016.
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Figure 10. Components (in the inertial frame) of the position vector as a function of time, for an
Earth-Mars optimal transfer with ac = 1 mm/s2 and a starting date on 21 April 2016.
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Figure 11. Dimensionless components (in the inertial frame) of the velocity vector as a function of
time, for an Earth-Mars optimal transfer with ac = 1 mm/s2 and a starting date on 21 April 2016.
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Figure 12. Thrust angles and switching parameter as a function of time, for an Earth-Mars optimal
transfer with ac = 1 mm/s2 and a starting date on 21 April 2016.
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